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JAVAFOIL

JAvAFOIL is a relatively simple program, whictses several traditional methods for the

analysis of airfoils in subsonic flow.

The main purpose @hVAFOIL is to determine the lift, drag and moment characteristics of
airfoils. The program will first calculate the distribution of the velocity on thtase of the

airfoil. For this purpose it usa potential flow analysis module which is based on a higher
order panel method (linear varying vorticity distribution). This local velocity and the local
pressure are related by the Bernoulli equation. Inrdadénd the lift and the pitching

moment coefficient the distribution of the pressure can be integrated along the surface.

Next JAVA FoIL will calculate the behavior of the flow layer close to the airfoil surface (the
boundary layer). The boundary layeratysis module (a so called integral method) steps

along the upper and the lower surfaces of the airfoil, starting at the stagnation point. It solves
a set of differential equations to find the various boundary layer parameters. The boundary
layer data ighen be used to calculate the drag of the aififoih its properties at the trailing

edge.

Both analysis steps are repeated for each angle of attack, which yields a complete polar of the
airfoil for one fixed Reynolds number.

Additional tools forthecreation and modification of airfoils have been added to fill the

toolbox. These tools are wrapp@ta Graphical User Interface (GUI) which was designed to

be easy to use and not overly complicated. The GUI is organized into a stack of cards, which
will be described later.

All calculations are performed by a computer code of my dawa FoIL is neithera rewrite

of Epple6 P R @dfodf Dr e IXBAiLsprogram.The boundary layer moduis based on
thesame equationshich arealsousedin the initial version bthe Eppler progranAdditions
include new stall and transition modelfie panel method was developed with the help of the
extensivesurvey of panel methods found[i¥].

Compared with similar program3VvA FoiL can also hatle multrelement airfoils and also
simulate ground effect.

Limitations

As already notedJavAFolL is a relatively simple program with some limitatiobie with

all engineering computer codes, it is up to the user to judge and to decidar Hewfant$o

trust a program.

As JavA FoiL does not model laminar separation bubbles and flow separigdicesults will
becomeinaccuratef such effect®ccur.The boundary layer method does not include any
feedback to the potential flow solution, which means itha limited to mostly attached

flows. Flow separation, as it occurs at stall, is modeled to some extent by empirical
corrections, so that maximum lift can éstimatedor conventional airfoils. If you analyze an
airfoil beyond stall, the results witle quite inaccurat®©n the other hand is somewhat
guestionable, whethanytwo-dimensional analysis method can be used at all in this regime,
as the flow field beyond stdtecomedully three dimensional with spanwise flow and strong
vorticesdevelging.

In the case of multi element airfoils, one must be aware, that in the real world very complex
flows can develop due to interaction of trailing wakes and the boundary layers of the
individual elements or if the boundary layers separate locally. éuraie analysis would
require a more sophisticated solver for the Na@imkes equations, which would also imply
an increase in computer time in the order of 1000. Nevertheless a simple tdaVhkeiL

can be helpful to estimate the main effects anchfiwove a design to avoid suction peaks and
flow separation.



JAVAFoiILoO s Car ds

The user interface dhvAFoIL is divided into astackof cards. Each card contains interface
elements for a specific task. The content of some cards is also relevant fos exgonted on

other cards, for example the Mach number specified on the Options card affects the analyses
on all other cards.

The Geometry Card

The Geometry card is used to store and prepargetmetryof your airfoil. It contains the

Acurrentmg @ r a i mgiométis destribex by a set of coordinate points, each

having an x and a y value. The working airfoiledand modifiedby the actions you

performin JAVA FOIL.

The Geometry carghows a list of xand ycoordinate pairs and a plot tbfe resulting airfoil

shape. You can enter or paste arbitrary coo
t

r
ViewoO button to copy the coordinates into h

The coordinates must be ordesadthat they describe the shape in a contingegsence.
The or de trailimgedygdY Bupper§ ur fYaihesdY flowers ur fYac e o
fitrailing edge.

JavaFoIL comes with aset of shapgeneratas for a variety of airfoils which is accessible

from this card. These airfoils represent classic&bidsections for which analytical
descriptions exist (e.g. NACA sections) or which can be constructed from geometrical
constraints (e.g. wedge sections). Despite their age, many classical airfoil sections are still
applicable to many problems or form aogostarting point for new developments.

Today, modern airfoil sections are usually developed for specific purposes and their shapes
are usually not published. More recent developments lead towards the direct design of three
dimensional wing shapes, elinaiting the classical steps of tvdimensional airfoil design and
threedimensional wing lofting. In most cases, modern airfoil sections are not described
anymore by analytical formulas, just by a set of points.

The row of buttons at the bottom alls¥er copying,saving loadingand printingof airfoil
coordinate sets.
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Figure 1. View of JAVvAFoILO s Geometry card.

Exporting airfoil geometry

Java FolL can write airfoil geometryo the following file types:
A *ixt

multi-element airfdigeometry in form of simple-y coordinate sets arranged in two

columns. Multielement airfoils must be separated by a pair of x analyeseach
beinglarger than 999.

A *xml
multi-element airfoil geometry idavaFoiLé kierarchically structuregml format.
A *.dxf

multi-element airfoil geometry in AutoCad drawing exchange forMany CAD
programs can read this file format, but the interpretation is not always perfect.
A *.igs or *.iges
multi-element airfoil geometry in Initial Graphics Exchange Standarddb Many
CAD programs can read this file format.
Note thatJava FoiL selectghe outputfile formataccording to the file name extension.

Importing airfoil geometry
JavaFolL can read airfoil geometry from the following file types:
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A *ixt
multi-element airbil geometry in form okimple xy coordinatesetsarrangedn two
columns.The elements of niti-element airfoils must be separated by a pair-of x
and y-valueseachhaving a value 09990 or larger

A *xml
~ multi-elementairfoil geometry inJavAFoILO Bierarchically structured xml format
A *.png, *.gif , *.bmp, *.jpg

single element airfoil geometry from an image.fifer details, see next section.
Note thatlavA FoiL selects thenput file format according to the file name extension.

Importing scanned images

You can also load an airfoil from a bitmap image in GIF, PRKAP or JPGformat.

JavaFolL then tries to find an airfoil shape this image by comparing the image points with
the color found in the upper left corner of the imageerefore the image shiouhave no
border anda monachromebackgroundBefore scanning the image, a smoothing filter is
applied to remove spurious points from the imageachieveacceptable resultsxamage
width of 1000 or more pixels is recommendé&be interior of the airfib shapecan be empty
or arbitrarily filled,becausehe algorithnmsearches from the top and bottom edges of the
Image andtops when it detects the border of the sh@pe.resulting pointare filtered again
to improve the smoothness of the shape. Naetss the results will not be perfdmty this
method can be considered as a last resort to quietrmineairfoil coordinatesf only a
scanned imagis available It is recommended to inspect the resulting velocity distribution
and to use the inverslesign method for smoothing the airfoil shape.

Figure 2: Airfoil i mage(top) and comparison ofthe original (dashed) andthe reconstructed airfoil shape
(solid) usingJAvAFoiLd s b i t macapakhility pnahe Geometry card.

JAVAFOIL&® Geometry Generators

Note on NACA airfoils

The construction of the cambered NACA airfoil sections requires that the thickness
distribution is erected at right angles to the camber line. Some computer programs do not
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follow this constuction principle and add the thickness just to ttemgrdinates of the camber
line. This leads to larger deviations from the true airfoil section when the camber line is
inclined, e.g. close to the leading edge or close to the trailing edge of aiitbils ngh

amount of aft camber.

The correctconstruction method may lead to points extending slightly into the negative x
range, when a large amount of camber is located close to the leading edge. This is a correct
behavior and an expected result.

Note ako that most NACA sections have a thick trailing edge by definition. In order to
produce a thin, sharp trailing edgeyA FoiL has an option to close the airfoil shape by

bending the upper und lower surfateglose the trailing edge

NACA 4-digit airfoils

The calculation of thesdassicakirfoils is easy because their shape and the associated
camber lines are defined bgthersimple formulas. The maximum thickness is located at
x/c =30%, whereas the maximum camber is typically lodatex/c =40% . Se€3] and

[4] for more details.

The camber lines are composed of two parabolic arcs, which are joined with equal tangents,
but a kink in the curvature. This kiman be seen in the velocity distributions, especially
when the position of the maximum camber is different from the common 40% chord station.

———— -
———
——
-
-

Figure 3: Parameters of NACA 4digit airfoil sections.

Parameters:

0 Free:t/c , flc, x;/c
0 Fixedx,/c =0.3

Naming Scheme

The first two integers define the camber Jimdnile the last two integers define the thickness.
1st digit: maximum ordinate of camb&@0- f/c

2nd digit: location of maximum cambé&0- x, /c

3rd and 4th digit: maximum thickne&€0- t/c

Example:
NACA 2412: 2% camber at 40% chord, 12% thickness

O¢ O¢ O«

The thickness distribution for thé@% thick section is given by the polynomial:
y= 40.29690- /X —0.12600 x— 0.35160 % +0.28530 %— 0150 ¥

The coefficients of this thickness distribution had been chosen according to the following
constraintg4] (for a 10% thick section):
6 maximum thickessoccursat x/c =0.3 Y & 0.3 = 0,



0 finite thickness at trailing edge % = 0.004,
& finite trailing edge angle at/c =1.0 Y 2 1.0 = —0.23
0 nose shape defined y/c =0.078 at x/c =0.1.

Modified NACA 4-digit airfoils

The modification adds the position of the maximum thickness as well as the nose radius to the
parameter set of thedigit serieqseg[3]).

Figure 4: Parameters of the modified NACA 4digit airfoil sections.

Parameters:

~

0 Free:t/c ,flc, x,/c,x//c,r

Naming Scheme

The name consists of a 4 digit prefix which is identical to tdeg# series designation,
followed by a dash and two additional digits.
18tdigit: maximum ordinate of camb&0O0- f/c
2"d digit: position of the maximum caber 10- x. /¢
39 and 4" digit: maximum thicknes400- t/c
dash
5t digit: indicates the leading edge radius and is usually one of 0, 3, 6, or 9:
o O0: sharp leading edge
o0 3:% normal radius,
0 6:the normal radius of thé-digit series,
o 9: 3 times the normal radius.
& 6" digit: position of the maximum thickned®- x. /c
Example:
NACA 141035: 1% camber at 40% chord, 10% thickness, reduced leading edge radius,
maximum thickness at 50% x/c

O¢ O¢ O«

O¢ O«

NACA 5-digit airfoils

These sections use the same thickness distributions aséned, but have new camber lines
leading to lower pitching momenfshe camber line is composed of a cuticvein the

forward part to which a straight line is attachduch extends tohe trailing edgelnstead of
the camberf/c , a design lift coefficienC, .., is now used to define the maximum height

of the camber lindn practical applicationghese airfoilsare often used with maximum
camber atx/c =0.15, i.e. relatively far forward.



Figure 5: Parameters of NACA 5digit airfoil sections.

Parameters:
0 Free:t/c, x,/c,C

0 Fixedx,/c =0.3

¢ design

Naming Scheme
0 1stdigit: desigriO- 2/3-C, jeqgn
2nd and 3rd digit2- 100- x /c. Note that the '8 digit is usually a zero, i.e. the

position of the maximum camber is a multiple of 5%.
0 4th and 5thdigit: maximum thicknes400. t/c

Example:
NACA 23012: design lift coefficient 0.3, maximum camber at 15% chord, 12% thickness

O«

Modified NACA 5-digit airfoils

Therear part of theamber line of these sections has been modifiedatdric curve which
providesareflexed camber lineTherefore the pitching moments are reduced further or may
become even positive.

Figure 6: Parameters of the modified NACA 5digit airfoil sections.

Parameters:
0 Free:t/c, x;/c,C

0 Fixedx,/c =0.3

(¢ design

Naming Scheme
0 1stdigit: desigril0- 2/3-C

2nd and 3rd digit2- 100- % /c plus 1. Assuming that the position of timaximum

camber is a multiple of 5% thé& Bligit is always a 1.
0 4th and 5th digit: maximum thickned€0. t/c
Example:
NACA 23112: like NACA 23012: design lift coefficient 0.3, maximum camber at 15%
chord, 12% thickness, but with alefed aft camber line.

(¢ design

(@4
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NACA 1-series airfoils

The development of these airfoils was aiming at sigihsonicspeed applications like
propellers(seg[5]). Their shape was designed with the help ofrtbe (that is, in the 1930s)
numericaldesign methodslavA FoIL can create airfoils of the NAGAG type which are the

only members of the-eries published by NACA he maximum thickness and the
maximumcamber are located at 50% chord, whereas the minimum pressure is reached at 60%
of the chord length.

= ———— T e ——m——=
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Figure 7: Parameters of NACA ILseries airfoil sections.

Parameters:
0 Freeit/c , C, yeqgn

0 Fixedx,/c =0.5, x,/c =0.5

Naming Scheme

0 1st digit fAlo: series designation
0 2nd digit: position of minimum pressure of the thickness distributi@nx/c

0 adash

0 3rd digit: 10- C, 4eqqn

0 4rd and 5th digit: maximum thickne480- t/c

Example:

16-212: Eseries, minimum pressuat60% chord, design lift coefficient 0.2, 12%
thickness

While these airfoil shapes are not based on analytical expressions, the published coordinates
have been approximated to produce an accurate representation ofrtbdseTde camber
linesusedare of the uniform load type (a=1$eenext section abollACA 6-series airfoil}.

NACA 6- and 6A-series airfoils

These airfoils were the first NACA airfoils whit¢tad been systematicallieveloped wittthe
inverse design ethodby TheodorsenTheconformal mapping algorithmvas able to deliver
a shape for a given pressure distributibhis means that no closed form equations describing
the thickness distributions exist.

EarlierJava FolL versions used a very approximateaithm which had been lifted from the
"Digital Datcom" programs, but was discovered thahis producederyinaccurate
representations of theseries airfoilsTherefore, mice version 2.09 (August 200#vA FoIL
uses anore elaboratalgorithm, whichis based on the work of Lads{#]. This new method
is using quite accurate tables of the stream funétiomost of the &eries airfoilsJAvA FoIL
can generate individual members of the 63, 64, 65, 66 and 67 as well 3}l A, and
65A families. The "A" modification leads to a less cusped trailing edge region.

The 63, 64, 65, 66 and 67 families can be combined with camber linesa&fl®to a =1
type.



The 63A, 64A, an®5A sections use a modifieal= 0.8 camber line which is straight aft of
x/c =0.8. The thickness distribution of these airfoils has also been modified to yield

straight lines fronx/c =0.8 to the tailing edge.

The fiad camber |l ine shapes are specified in
position x/c where the constant loading ends. This is indicated with an add#ienaly

label in the airfoil name.
If you specifya > 1 in JAvAFoIL6 mput, the camber line has a constant loading from leading
edge to trailing edge. The resulting airfoil

Note that officially no intermediate airfoils (e.g. a NACAGHE12) exist.

Naming Scheme

0 1st digit A60: series designation

0 2nd digit: chordwise position of minimum pressure of the thickness distribution
10- x/c

0 single digit suffix following a comma, which 0- AC, . It represents the range
AC, above and belo\, .., where favorable (accelerating) pressure gradients
for laminar flow exist (thereford\C, is approximately the semwidth of laminar
bucket)

0 adash

0 3rd digit: designl0- C, yeqqn

v

0 4rd and 5th digit: maximum thickne&€0. t/c

A camber line shape different froen= 1.0 is indicated by the additional designation

a = Xy, wherex.y is replaced by the locatioxn/c where the constant part of the loading
ends and the linear drop towards the trailing edge starts..

TsAGI "B" airfoils

The TsAGI (also ZAGI, CAGI) was and is Russia's leading aeronautical chsear

organization. Not much is known about early airfoil development, but the available literature
[6], [9] shows that similar to other nations Russia has developed airfoil families based on
analyticalshapedescriptions. The TSAGI serigsis just one such airfoil family. The very

simple shape description is using just the maximum thickness. The resulting sections have a
reflexed camber line and hence low pitching moment.

Figure8: Par ameters of TsAGI @ABO0 airfoil sections.

Parameters:
0 Free:t/c

0 Fixed x,/c =0.3388, maximum (positive) camber &t /c =0.3018,
minimum (negative) camber at /c =0.9204.
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0 The maximuncamber is linked to the thickness by the expression
f/c =0.168-t/c .

I am still looking for more information about Russian airfoil developments.

NPL-EC, ECH and EQH airfoils

These British symmetrical airfoil sections are composed ofligtied| forward portion (E)

and a cubic (C) or quartic (Q) rear end. The tail closure is built from a hyperbolic curve (H
series). The location of the maximum thickness can be varied between 30 and 70% of the
chordlength.A limited description is contaed in[10], [13].

X,

Figure 9: Parameters of NPL airfoil sections.

Parameters:
0 Free:t/c, x,/c

After some reverse engineerindiave used the following assumptions for these airfoils:

0 the trailing edge thickness is 2% of the airfoil thickness,

0 in case of the AC0O and AQO0 series the r
continuity (position, tangent, curvature) to the elliptic frpart,

0 in case of the AQ0 series the 92cond de

(this gave the best approximations for 1240 to 1260 airfoils),

0O the AHO modification closes the thick t
attached with COC1 continuity (position, tangent) to the thickness distribution at
x/c =0.965.

Camber lines areBorder polynomials which allow to place the location of the maximum
camber approximately between 30 and 60% of the chord length.

Note:lam still |l ooking for the Aofficiald descr
EQH aerofoils, especially how the quartic curve was defined and how the hyperbolic closure

was attached to the quartic curdeseems to be that the procedure to gereethése shapes

was not published.

Biconvex airfoils

These are symmetrical airfoils, formed by two arcs. They can be represented by the following
formula:

y=a- x—x"
The exponenb can be found from the location tife maximum thickness, i.e. the point
wheredy/ & =0
[1]?1
Ximax = |2 ’

while the factora depends on the value of the maximum thickness:

11



If the maximum thickness is pled atx/c =0.5, the airfoil is composed of two equal
circular arcs. These airfoils anermally usedor application insupersonic flow.

B X

Figure 10: Parameters of biconvex airfoil sections.

Parameters:
0 Free:t/c, x,/c

Double Wedge airfoils

These are symmetrical airfoils composed of straight lines. They are intended for supersonic
flow.

Figure 11: Parameters of double wedge airfoil sections

Parameters:
0 Free:t/c, x,/c

Plate airfoils

The thickness distribution ofiése sections represgatplate with a rounded noaada sharp
trailing edge The nose shape is formed by a so called Cassini ,cwhieh provides a smooth
curvature transition to the flat part of the surface. The trailing edge closure is modeled by a
cubicparabolaThis thickness distributiorns superimposed over a NACAskries camber line

to produce a cambered plate.

Figure 12: Parameters of cambered plate airfoil sections.

12



Parameters:
0 Free:t/c , flc, x;/c

v

0 Fixed: Leading edgshape. Therailing edge closurbeginsat x/c =0.8

Newman airfoils

These sections consist of a circular nose to which straight tapered tail is attached. It can be
manufactured easily, but has@arvature jump at the junction between the nose and the
trailing wedge leading to suction pealksda risk of flow separatian

[~ C >

Figure 13: Parameters of Newman airfoil sections.

Parameters:
0 Free:t/c

Joukowsky airfoils

These classical airfoil sections are generateddmyying aconformal mappingrocedue.

They were the first practical airfoils developed on a theoretical mBdsides producing the
airfoil shape, the mapping procedure was also used to find the flow field around the airfoil as
well as the force and the moment acting on the wing sedti@airfoils have very thin

cusped trailing edges and are therefore difficult to analyze with panel methods and difficult to
manufacture.

The conformal mapping is performed using Joekowskyransformation of the complex

points z, .. On a unit circle with is center ax,,y, .
>\2

Zaitoil = %irge = Wherex = —x, +/1— y% .
circle

In order to match the prescribed airfoil thickness and cardbexFoiL performs an iterative
search for the center of thed®. As usual, the resulting coordinates are scaled to unit length.

~ C >
Figure 14: Parameters of Joukowsky airfoil sections.

Parameters:
0 Free:t/ic , flc

Van de Vooren airfoils

In contrasto the classicaloukowskyairfoils, these airfoils have a finite trailing edge angle.
The transformation function is of the type

13



k
7 _ 1- Ziircle
airfoil k-1 -
€ = Zgge

They can be used to create sections with thick trailing edge regions e.g. for fairings. A
desciption of this shape can be found[ir].

Note that not all thicknesses can be achieved for all trailing edge angles; therefore the final
maximum thickness may not be what was desired. Also only symmetrical sections are
geneated inJAVAFOIL.

Figure 15: Parameters of Van de Vooren airfoil sections.

Parameters:
0 Free:t/c, o

Helmbold-Keune airfoils

In the 1940s many attempts were made to extend thectassical NACA airfoil section
methodology to more general airfoil shapdsimboldandKeune[15] developed elaborate
methods to characterize and parameterize airfoil sections. While the mathematical approach
allowed for repesentation of a wide range of shapes, the methodology was not really
successful in these years of manual calculation. Later in the age of numerical shape
optimization similar methods have been developed, e.g. the Parsec shape functions.

The parameters dhe symmetrical airfoil must be carefully chosen to generate a realistic
airfoil shape. The center curvature must be large enough to averdassfng of the outline.

r

curvature

Figure 16: Parameters of HelmboldKeune airfoil sections.

Parameters:
Free:t/c , x,/c , trailing edge angle, curvature radius at middle, nose radius.

RolRner airfoils

Another algorithm to generate analytical airfoil shapes based on conformal mapping was
published byRoR3rer [16]. Like all methods using conformal mappings Bolutionalso
allowed for the exact analytical determination of the corresponding pressure distributions.
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Figure 17: Parameters of Rof3ner airfoilsections.

Parameters:
Free:t/c , x,/c , trailingedgeangle, noseadius

Parsec airfoils

The Parsec geometry parameterization was developed Bgbietzkyn the 1990s. It tries to
model airfoil shapes by perposition of selected polynomial terms. The parameters resemble
theHelmboldKeuneapproach and are mainly intended to be used for numerical shape
optimization.JAvA FoIL implementghe so calledParseell formulationwhich used 1
parameters. The parareet of the airfoil must be carefully chosen to generate realistic airfoil
shapea. The center curvatuggarametersthe nose radius as well as the trailing edge wedge
angle must be carefully adjusted to avoid-setfssing of the outline.

X1 —|
curvature

i Oy/0x

———

r curvature, .,

nose
Y2
-

Parameters:
Free leading edge radius parametr, (P,, P,) and (P,, P,) the coordinates of
control points on the upper and the lower surfaBgsand P, curvaturecontrol
parameters for upper and lower surfad@sthe trailing edge vertical positiof, the
gradient of the camber line at the tragliadge P, the trailing edge slenderness, and
P, the bluntness angle at the trailing edge.

Horten airfoils

TheHortenbrothers are well known for their development of flying wing airplanes. For most
of ther wings, theyusedairfoil sections with a reflexed camber line. These were based on a
camber line of low or zero pitching moment (following thi airfoil theoryof Birnbaun) to
which a thickness distribution was added. A description of these rathg@e $imctions can

be found in17].
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Figure 18 Parameters of Horten airfoil sections.

Parameters:
0 Free:t/ic , flc

v

0 Fixed x,/c =0.293, maxmum camber ak,;/c =0.25.

DHMTU airfoils

The stable flight of ground effect vehicles depends on wing planform and airfoil shape. This
family of flat bottom airfoils has been developed for this specific application at the
Department of Hydrmechanics of the Marine Technical University in Saint Petersburg,
Russia. Similar to the NACA-digit series, the airfoil shape is composed of polynomial
segments and a straight lower surface. Their camber line is slightly refiegdtie outline
betweerpoints 2 and 3 is a straight line segméndescription of theshapecan be found in

[18].

Figure 19: Parameters of DHMTU airfoil sections.

Parameters:
0 Free:point x,/c, y /c ontheupper angointsx,/c,y . /c andx;/cy Jc

on thelower surfaceanose radiuparametek = r/c / y /c ? andthe
gradientdy/ & on upper surfacat the trailing edge

Guderley airfoils

This shape was derived from theoretical considerations of sonic flow and is of mostly
academic intereslt is characterized by an accelerating flow with a linear pressure
distribution in the forward portion followed by a set of expansion waluss maximum
thickness is located at/ ¢ =3/5 . A description of the shape can be foundli@].

Figure 20: Parameters ofGuderley airfoil sections.

Parameters:
Free:t/c .
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The Modify Card

This card can be used to perform various modifications to the airfoil geomeysists of
an input and action area and a geometry view below.

The modification of parameters is performed by entering new values into a text fielteand t

pressing the button at the left of the textfield pr essi ng t he AENter o Kke
still in the text field Thus it is easy to apply certain operations several timas. A

modification will only be applied to the airfoil elements which aterentlyselected in the

AEl emento | ist box.

The geometry view is automatically scaled to fit all airfoil elements. The currently selected
elements are highlighted in red.

-0l x|

Geothetry Modify | Design “Welocity Flowefield Boundary Layer Folar Aircraft Optionz

oty Airfoil
Mame: Im Trailing Edge Gap Iﬂi 3] Elemert:
MNumber of Points: |1 b [-] Pivat |25 CANm
Thickness tic: |4-5 [%] Pivat y: IUi [25]
Camber fic: I-U.DDQ [9%] Rtate: ID il
Scale by IS'U— [%&] Tranzlation « |3U— [%]
Flap Chord  xfic: |25— [26] Translation y: -10] [25]
0 Il

Flap Deflection  &: I Duplicate Delete Flipp Smooth v I-D.1

the = 4.5 % @ 93.99 %

e =-0.01 % @ 117.528 %

o 11/

Thickness and Camber work in y-direction only

Undo | [Hortentic=15.0%, fic=3.0% ¥ || Copy (Text)

Bereit

Figure 21: View of theModify card showing a two-element airfoil with element #2 selected.
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hodify Airfoil

hame: IH'Z'VTEn tie=13.0% Trailing Edge Gap IU [%]  Elemert:
Mumiber of Poirts: | 121 [-] Pisvat x: |25 AR L

Thickne=ss tic: 45 [%%] Pivat y: |0 [%%:]
Camber fic: -0.009 [%] Rotate: 7]

Scale by 30 [%:] Translation x: 30 (%]

1l

Flap Chord  xfic: |25 [%%] Translation y: 10 [%%:]

Wl Duplicate Delete Fligy v Stnooth y I-EI.1

11T

Flap Deflection &

Figure 22 View of the controls on the Modify card.

The following modifications can be performed:

A

A

>\

>\

> > >

>\

NAME

Changes the name of the airfoil

NUMBER OFPOINTS

Changes the number of coordinatersiof the selected element(s).

THICKNESS

Scales the thickness of the selected ele(sg¢hy decomposing the shape into a
thickness distribution and a camber line. Only the thickness distribution is scaled, so
that the camber line is maintained. Note gratall changes to the camber may occur
due to numerical errors.

CAMBER

Scales the camber line to a new height. This works only if the airfoil is already
cambered. Scalinthe camber line ci symmetricakirfoil accomplishes nothing.
SCALE BY

Scales the afoil shape by multiplying the coordinates with the given scaling factor.
FLAP DEFLECTION

Modifies the coordinates by deflecting a plain flap of the given chord length. The
axis of rotation is always the middle between upper and lower surface.

TRAILING EDGE GAP

Modifies the shape so that the prescribed trailing edge gap is produced. Generally it
is recommended to use closed trailing edges for analysis, except if the airfoil is
extremely thin towards the trailing edge. This function can also be applied before
exporting airfoil shapes suitable for manufacturing.

ROTATE

Rotates the selected airfoil element(s) around the specified Pivot point.
TRANSLATE X

Moves the selected airfoil element(s) by the given distance horizontally.
TRANSLATE Y

Moves the selected &oil element(s) by the given distance vertically.

DUPLICATE

Creates a copy of the currently selected element(s). Note that you have to move the
new element from its initial location so that it is not overlapping with other
elements.

DELETE

Deletes the set¢ed element(s)
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A FLPY
Reflectsthe selected elements acrassorizontal line passing through the pivot
point

A SMOOTH Y
This commandises the smoothing factor specified in the text field to the right of the
button. Qirrentlyit supports two smoothingariants
If the smoothing factor ipositive the coordinates are approximated by a smoothing
spline curveA reasonablemoothing factoris 0.1.
If thesmoothing factor isegative a filter is applied to the-goordinates to reduce
waviness. This filter ggies a weighted average to each pointigstvo neighbor
points.If for examplethe smoothing factois -0.1, they coordinate of themoothed
point is 90% of its initial value and 10% of tlieear interpolation between the two
neighboring points accding to:

. S— S
S|+1 — S

This filter can be applied several times, but subsequent application will also smooth
outdetailslike a pointed airfoil nose.

Y= 1-f .y, +f-ly vy, Vi

You can also modify individual points by dragging them up or down with the left mouse

button depressed. This modification method is restricted to movements irdthection. If

you need more freedom, you have to modify the numerical coordinate values on the Geometry
card.

The Copry (TEXT) command button at the bottom of the card copies thalageometry to the
clipboard with the following data:
1 atable with the xy coordinates, similar to the copy on tBEOMETRY card, but
additionally with the local curvature 1and
1 asecond table with theoordinates of theamber lineand the thicknesdistribution as
reconstructedrom the airfoil shape.

Note concerning multi -element airfoils

Modifications are appliednly to the airfoil elemerfs) selected in thé E | e mlestrboxs 0
The selection is also used by other cards. Only selected elemetdken into account when
total force, moment and drag coefficients are determined.

The Flowfield Card

This cardis intended to visualize the flow around the airfoil in various ways. Basically the
AAnal yze 1t! 0 command f irfoisfdrthggeenfargle ofiattack.n an a l
The results are presented in form of the global coefficients in the table. In order to be

consistent with the display on the Boundary layer card, these resultsifrattidn using

parameter taken from the boundarydacard (Reynolds number and transition location) as

well as from the Polar card (stall model).

Then the local velocity over a rectangular grid of points is calculated. This calculation uses
the vorticity distribution on the surface and neglects frictidrerefore you will not see flow
separation or a viscous wake behind the airfoil.

It is possible to display either the ratio of the local velocity to the freestream velocity v/V or
the local pressure coefficient.
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Moving the mouse pointer over the colofeddd shows the corresponding pressure coefficient
or velocity ratio at the bottom of the screen.

1

1 -1
ﬁ]avaFoll =ol x|
Options

Flowy Field

Angle of Attack: |1 o = [y Re Mach n Cl Cd Cm 0.25
Steps in x-Direction: 250 Field size: IQDU% vl Il L1 L1 L1 L1 L1 L1
10.000 [ 100000 0.000 ) 1373 | 002613 | -0.016
Steps in y-Direction: 125 Calar Wap Type: -
I e — — J— = — —— p— —_— P——— .
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Showe distributions of

Ready

ANALYZE IT! Performs the analysis of the flow field and if selected the integration of
the path of streamlines. Note that the classical Riwga scheme sed to integrate
streamlines with increased accuracy can take quite some time. Standard accuracy uses
a fast but simple forward stepping Newton algorithm which introduces larger errors in
regions of high curvature. Progress is indicated in the status line.

CopY (TEXT) copies the field data to the clipboard in tabular format suitable for
plotting with the Tecplot softwar®@emember that you can copy exportthe picture

using the context menu of the graph window.

INTEGRATE uses the momentum equation to grete the momentum and pressure field
along a circular pattvith a radius of 5@round the airfoil. As we neglect friction and
hence f ol | o thoudhfsfhé resoitoskeould pdosluce zero drag, but a lift
coefficient close to what we obtain from tinéegration of the surface pressure.
Remember that the lift coefficient given in the table includes fricimhthe effect of

the stall modelso that both results can only agree if the Reynalaisber is rather

high. The result iglisplayed in a messagex and als@opied to the clipboard.

Geotnetry tdodlify Design “elocity Flowfield | Boundary Layer Polar Aijrcraft

[ black Tuts ™ colored Field [ lso Cp Lines r Cp Wectors [V streamines M timed [ increazed Accuracy
“ “elocity Ratio s % Pressure Coefficient Cp 0161

Analyze Prirt... Save... Copy (Text) Integrate

Figure 23: View of the Flowfield card showing an airfoil with times streamlines

20



Integration along circular path with R = 50.0

X-y system

momentum + pressure = total
IF x|=| -0.0596 | + | -0.0596 | = | -0.1193 |
|Fy|=| 0.3382|+| 0.3382]|=]| 0.6763 |
aerodynamic system (U = 10.00)
|C | = 1.3735
[C d [= 0.0000

Integration over surface panels (for comparison)
[CI |= 1.3732
|C d |= 0.0005

Figure 24: Result of momentum and pressure integration over a circular path around the airfoil
Compare the lift coefficient with the value obtained from surface pressure integration (The stall model
was set t o 0 n candg dhe wtal fotcdigthe Rsult af the change of thenomentum passing
through the control volume and the pressure acting on its surface. Note thate pressure part is ery

important, even if the integration boundary is rather far away from the airfoil.

The Aircraft Card

This card is similar to the Polar card but is intended to be used to analyze the airfoil under
conditions with are close to the applicatmmnaircraft or hydrofoil wing. It is assumed that

the wing has to carry a certain log@lde weght of the aircraftit allflight speeds. In order to
produce the same lift the lift coefficient thie airfoil section at low speed must be higher than

at high speed. Thus lift coefficient and flight speed (and hence Reynolds number) depend on
each othe

To establish the relations using aircraft design parameters we start with the definition of the
lift coefficient c_ for the complete wing

m
c =—2—. 1
v S

Solving the definition of the Reynolds numlvéth the chordengthc

vV _-C
Re=—=
%

for the flight speed/_ and inserting into the lift coefficient givess

g m
cC =——— ..
: Rel/2 S
C

P
2

Solving for the Reynolds number

c 2-g m

Re=—. c—
v \(p_-C S

Yields the desired relation between lift coefficient and Reynolds number as it is seen by and
aircraft with a rectangular wing planforifhe design parametedgedly related to the
aircraft and its wingire wing Ioadingn/s and chord lengtle.

21



The Panel Method

JavaFoiL implements a classical panel methodletermine the linear potential flow field

around single andhulti-element airfoils. IJavAFoIL the airfoil surfaces carrylmearly

varying vorticity distribution. This ithe same type of distribution as use&XFOIL but

simpler than the higher order (parabolic) distribution usdgppleds PROFILcode. The
resulting equation system consists therefore of a (# of panels +1)2 sized matrix and two right
hand sides. These are for 0° and 90° angle of attack and can beefbbiently at the same

time for the two corresponding vorticity distributions. The votyidistribution for any
arbitrary angle of attack is then derived from these two solutions (remember that potential

theory is linear and allows for superposition). There is no interaction with the boundary layer,

as inXFOIL, though.

For a shape discretizan by N panels, he equation system of this classical panel method
consists of the matrix of influence coefficients, the unknown circulation strength at each panel

corner point and the two right hand side vectors. These repres¢nh e )
fEach coéffisiensCn efle@sthe infuengel e

surf aceo

condi

tions

fino

fl

ow

of the triangular vorticity distribution due to the vortex strengtlat each corrrepoint on the

center point of each pangl The last row contains the tangential flow condition at the trailing
edge thefi Ktta=c o n d i .f{Thiss ne@ded to obtain a solution which is compatible with the

experience that thedv normally separatesmoothly at the sharp trailing eddéote that this
assumption will not be correct when large regions of flow separation occur.

Cl,l

Like with mostpanel methods the solution time for the system of linear emsaitncreases
with the square of the number of unknowns. Therefore it is advisable to limit the number of

CN+1,1

Ny

N2,

190

2,00

INtnoe YNt100

RHS,
RHS,

RHSN+1,0°

RHS, g9
RHS, o9

RHS\HLQO’

points to values betweéi® and150. This relatively small number already yields sufficient
accuracy of the results (in contrast to more complex CEhaals for solving the Navier
Stokes equations, where ymayneed several 100 points on the airfoil surface and many
more points to fill the space around the shape).

JavaFoil Panel Method

12 1
10 1

time per solution [ms]

N O

o>

y = 0.0016x? - 0.0084x + 0.0438

Figure 25: Graph of the solution time versus number of point®n the airfoil (Pentium 4, 2.4 GHz)
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Boundary Layer Analysis

The boundary layer analysis module implements an integral boundary layer integration
scheme following publications by ProfidRardEppler.Such integral methods are based on
differential equatias describing the growth of boundary layer parameters depending on the
external local flow velocity. These equations are then integrated starting at the stagnation
point. While accurate analytical formulations are available for laminar boundary layees, som
empirical correlations are needed to model the turbulent part.

Note: the local skin friction coefficient as given on the Boundary Layer card is twice the value
as used by Eppler to follow the more comneonventionC, = 7,/ §-v?2 .
In JAVA FolIL there is no interaction between the boundary layer and the external flow, as in

XFOIL, though. Therefore largely separated flows cannot be analyaastiort flow
separation .../ C <10%) at the trailing edge does not affect the restdty much. Also

laminar separation bubbles are not modeled; when laminar separation is detected the code
switches to turbulent flow.

Transition Criteria

Methods to predict transition from laminar to turbulent flow have been developed by many
authorssince he early days of Prandtl s boundary
the stability of a boundary layer numerically, all methods which are practical and fast are
more or less approximate and rely on empirical relations (usually derived fpmriragnts).
Because the local boundary layer parameters at a seaiomthe result of an integration
process starting at the stagnation point,

Local Criteria

Many methods predict transitidoy applying a criterion based on local boundary layer
parametersThese criteriarebased on relati@which can be evaluated at any station along
the surface. They do not need an extra integraifesome instability parameter, but of course
areaffeae d by t he i hiMostofthegse critefia ate relatiige, | tothe.shape

of the boundary layer profile.

Eppler
Transition is assumed to occur whe, > e 2174 030,

Eppler enhanced

Transition is assumed t@wour whenRe, > g% 2174 120 K- 1573~ 036

Michel (1)
This simple criterion assumessition to occur whelRe, > 1.535 Rg™*.

Michel (2)
Transition is assumed to occur whe, > 1.174 1+ 22400/Re - Rg*. Seg24].
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Hi2-Res
Transition is assumed to occur wh2rii<H,<2.8 and
log,, Re, > —40.4557+ 64.8066 H— 26.7538 B+ 3.3819.}. Seg?25].

Criteria based on a region of instability, N — Re62 envelopes

These methods first determine a llogaint of instability and thebeginat this point to
integratea measure for themplificationof instability.

Drela approximates the envelopes of the amplificationmatersusRe, by straight lines of

the formn =f Re, ,H,, . Two versions of this approximation were used in his codes of the
XFOIL andMSES/ISE$amily.

The approximation is expressed by
on
ORe,

N =

: Re62 - Rsz,crit .

In JaAvA FOIL transition is assumed

crit *

Transition can occur when Re, > Re, ., andfn >n

to occur when the value_, = 9 —r is exceeded.

crit

Drela, XFOIL 1.1 and 5.4

on 2
=0.01-,/ 2.4 + 25 tanh 1.5 H,— 4.65- 3.7 + 0.25
Tre. J 24 H, H, y
log,, Re, . = 1415 _ 0.489- tan 20 -12.9+ 3'295+ 0.4
. H12_1 H12'1 H12'

These approximations can be foundlihand[2].

Drela, XFOIL 5.7
Modification in 1991

on 0028 H,—1 - 0.03452
JORe, -[:'871-2.52]
e 127
0.43
14 1
log,, Re, . = 0.7- tanh -9.24 + 2.492 + 0.6
12”7 12°
Drela, XFOIL 6.8
only a tiny modification (term 0.68 0.62)
on__ 0.028 H,—1 - 0.03452
ORe,, -[:'871-2.52]
e 127
0.43
14 1
log,, Re, ., = 0.7- tanh -9.24 + 2.492 + 0.6
12”7 12°
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Method of Arnal:
A set of aibles produced bR. Arnal has been apprarmated byW. Wiirz with polynomials:

on
ORe,

|Oglo Reo‘z,crit = q + bz Hy, + b3' H212

=a +a-H,+a; H212

Here the envelope is not FRordethilsse®lght | ine as
In JAVAFOIL transition is assumed to occur when the valye = 9 — r is exceeded.

Method of Granville

This method is not described heltealso works by integrating a stability parameter starting
from a point of instability.

Abbreviations:

approximation ofn A
roughness factor (0 = smooth) r
displacement thickness 0,
momentum thickness 6, =10
61

shape factor displacement thickness / momentum thick Hip, =

62
Reynolds mmber based on local momentum thickness | Re,, = Re
Reynoldsnumber based on locatc length Re,

Effect of Roughness

The effect of roughness on transition and drag is complex and cannot be simulated accurately.
Even modern resource hungry direct numerical simulation methods have difficulties to
simulate the effect.

In Java FoiL two effects of surface roughness are modeled:

rlaminar flow on a rough surface will be destabilized leading to premature transition,

r laminaras well as turbulent flow on rough surfaces produce a higher skin friction drag.

The effect ortoughnesss modeled in the following transition models

Eppler | 1ransition is assumed to occur whig, > g% 2174 030

Standard 2

Eppler o 8.4 Hy— 2174 125 H,— 1573 0.36

> -4 Mg : o~ L :

enhanced Transtion is assumed to occur whéte, > e .
nDreIa, Transition is assumed to occur when the valye = 9 — r is exceeded.
e" approx.

(’\A/‘\;Ele) Transition is assumed to occur when the valye = 9 —r is exceeded.

The global effect on drag is taken into account by a simple scaling of the total drag coefficient
C,=C,- 1+r/10

The roughness factar is meant to represent the following surfaceditions
\ r=0 \ perfect smooth surface as for example on a composite material sailplane|
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smooth, but slightly rough surface as for example a painted cloth surface

similar to the NACA standard roughness

= |=|=
|
wIN ([

dirty surface with spots of dirt, bugs and flies

Note that the NACA standard roughness is usually applied to the leading edge only. It

consists of a sparse-(®% of the area) leading edge cogtup to 8% x/c. The grain size is

about 0.45a of the chord I ength. Thus for a
0.45mm.

Stall Corrections

Empirical Stall Correction#1 ( ACal cFoi | i)

if (>0)
{

/I handle separatiomaupper surface
/l drag increment

C =C

2 2
+|sin® o Xqg — X +0.025 COSv: X — Xop upper

d, upper d, upper sep, upper
/I lift multiplier reduces lift linearly with length of separated length

CC = C( +1-0.2: Xe — )gep, upper

elseif (@< 0)

{
I/l handle separation on lower surface
/l drag increment
2 2
Cd, lower — C:d, lower + S|n2 o Xg — Xsep, lower +0.025- cosy- Xe — )gep, lower
/1 lift multiplier reduces lift linearly with length of separated length
C( = C( -1-0.2 Xrg — )gep, lower
}
/I moment multiplier
Cm, corrected Cm, panel method ’ 0.9 Xipl ower Xzsep‘ upper

/l'ift multiplier due to suction peak criterion
C, =¢C,- 1 , Where AC

is the difference between the minimum pressure

2 P, max

AC:P, max
20
coefficient close to the nose of the airfoil and the pressure close to the trailing edge.

+1

EmpiricalSt al | Correction #2 (AEppl er i)
if (o > 0)
{

I/l handle separation on upper surface
26



}

If ( Xsep, upper < X TE )

{
// trailing edge angle of upper surface
yse u er_y
0. = arctan|— ——=" =
Xsep, upper X 1e
}
else
{
eTE =0
}

/l drag increment

Cd, upper — Cd, upper +0.2: sin o + 9TE © Xe — )gep, upper
AC[ = c:I, max, fudge C ot eTE T XTE - Xsep, upper
if (AC, >0)
{
/I'ift reduction
C,=C, - AC,
}
else
{ L
/1 lift multiplier
C( = C( - 1—sina- Xre — Xsep, upper
}
/[ moment increment
Cm = Cm —sina- X — Xsep, upper 0.5 1+ Xsep, upper

elseif (@< 0)

{

I/l handle separation on lower surface
If ( Xsep, lower <X TE )

{
/I trailing edge angle of lower surface
yse , lower y
0; = arctan el TT
Xsep, lower — X TE
}
else
{
eTE =0
}

/[ drag increment

27
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2

C d, lower 0.2 sin « +6TE © XE T )gep, lower

=C

d, lower

AC, = C i uge * ¢+ 07 - T Xeg = Xeep, tower
if ( AC, <0)
/1 ift reduction
C,=C, —AC,
}
else
/1 lift multiplier
C[ == C[ - 1— Sin()L' XTE - Xsep, lower
}

// moment increment

Cm = Cm —Ssina- Xe — Xsep, lower 0.5 1+ Xsep, lower 0.25

}

/1'ift multiplier due tomodified suction peak criterion

C, =¢C,- 3 , Wwhere AC is the difference between the minimum pressure

P, max

30
coefficient close to the nose of the airfoil and the pressure close to the trailing edge.

Compressible Flow

JavaFolIL analyzes airfoils in incompressible flow, which means low Mach numbers as they
are common in model aircraft of general aviation airplanes. In practical application this means
Mach numbers below =0.25. It is possite however to extend the Mach number range
somewhat by applying compressibility corrections to the incompressible results. This is only
possible, as long as the flow speed is subsonic all over the surface of thaadfoil
compressibility effects are snhal

Critical Pressure Coefficient

The character of the flow changes dramatically when sonic speed is exceeded anywhere on
the surface. The pressure coefficient associ
coefficient (C, ;). In most cases pressure recovery from supersonic to subsonic speeds

(fromC, <C, ., to C, >C,_ ;) is leading to an abrupt recompression with a shock. The

analysis of such flows requires more complex methods thannmepked inJava FoiL. Such

methods must be capable of handling compressible flows (for example by solving the full,
compressible potential equations or by solving the Euler equations).
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In order to indicate how close the local flow is to supersonic spéedsi-oiL calculates the
critical pressure coefficient if a Mach number is specified on the Options card. The critical
limit is drawn as a wavy line in the graph on the Velocity card. Additionally, a

compressibility correction is applied to the incompressdalution to model first order
compressibility effects. Note however, that the theory becomes invalid, when flow reaches or
exceeds sonic speed.

In JAVA FoIL, the critical pressure coefficient is calculated from the relation

2 k— 1 =
- J14 .M?]] 1
[&+1[ 2 b

In terms of the velocity ratio the critical limit is found from
2

M| = 14+ 2. 1+—MX2

Vo) i kK+1-M7

Compressibility Corrections

There are different ways to correct incompressible flow results for compressibility effects.
One should keep in mind that these are aolyections they can never produce the correct
physical effectsvhen the flow locally reaches or exceeds supersonic spaedefore the
applicability of all compressibility corrections is limited to cases where the local flow velocity
(which can be muchigher than the onset flow velocity) is well beyond the speed of sound.

In practical application one can use such correctieelsup to aboutM = 0.5, the error

grows very rapidly whethe onseMachnumberexceedd.7.

2
Cp, crit — K - M2

50

In JavAFolIL, theincompressiblganel analysis is alwaygerformed foithe given airfoili the
shape is never geometrically distort&étle compressibility correctias applied later to the
local surfacepressureaccording to the Erman-Tsien gproximation

2@, (;D NES Mj-)
he 2c‘é1 YR M-i) MZ%C,,

The corrected pressure coefficient is then used to calculate the lift and moment coefficients.

C

Finite Wings in JAVAFOIL

In the 1920s it has been found by Praadtll alsdoy Lanchester that tHanite span of wing

affects their aerodynamic performance. They found that the effects could be expressed as a
function of theaspectratiq a . k. a. Asl enddthewsg B awomdt Nd $ ndlsisfe
Lineodo t lkevaoped anduceessfully applied to design wsgp to the 1940s and

even today it imiseful for unswept wings of relatively high aspect ratiox 5). The aspect

ratio can be determined froh = b/ £ =b %S (spanb divided by the mean chotdngth ¢

or span squared divided by wing ai®a The main result of this theory is that the airfoil drag

is increased bgn additionatragforce(fi nduc ead kdraagdvortex drago)
by the finite wing spamnd the associated wake downwash behind the. Wirggphysically

unavoidable when a wing prodwsddt. The vortex dragoefficientof a wing can be

expressed b, s = K-Ci/ A , whereC_ is the lit coefficient of the whole wing
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andKk is a factor to account for the shape of the lift force distribution along the span (for good
high aspect ratioving designsand for very low aspect ratids~ 1). Linkedto the downwash
is also a loss of lift at the same angle of attack and a reduction of the pitching moment.

Now, JAVAFOIL is a program for the analysis of two dimensional airfoils. Nevertheless it
suppors avery simplemodel of finite wingdo allow fora more realistic comparison of
airfoils. When the user supplies a value for the aspectaattbe Options cardassicawing
theoryformulasare used to determine an approximation of the 3D efectit, drag and
pitching momentThese effectsanapplied to the polars produced ByvA FoIiL and make it
possible to get a first impression of the relations between induced drag and airfoil drag. For
example the importance of the airfoil drag is diminishing for higher lift coefficeamidower
aspect rats

Thesethree dimensional corrections calsobe applied to the results for constant Reynolds
number (Polar card) as well as more realistically for the results associated with a constant
wing loading (Aircraft card).
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Figure 26: Lift versus drag coefficient polars for a NACA0012 airfoil and wings ofdifferent aspect ratia

The graph above shows the effect of the wing aspect ratio on lift over drag coefficient.
Starting with infinite aspect ratio (aspect rati® on the Optioa card) three wings with

increasing aspect ratio have been analyzed. For each curve the maximum of the lift over drag
(L/D) ratio is indicated by a filled circle. It can be clearly seen, that depending on the aspect
ratio the additional induced drag dig®the polar so that the optimum L/D ratio is shifted to
lower lift coefficients. While the two dimensional airfoil achieves its maximum of L/D at
slightly aboveC, =1.0, the low aspect ratio wing df =5 requiresto operate the airfoil at

C, =0.5 because this is the optimu@) of the whole wing. If we compare with another

airfoil we would better compare the airfoils at the lift coefficients corresponding to the wing
aspect ratios.

Note thatthe results as shown above are accurate for a wing having an elliptical lift
distribution and an elliptical, untwisted planfornuéto the spanwise lift distribution on a
genericwing, the airfoils along the span of the wing wileawsate somewhat above and below
thetotal lift coefficient of the wing. Tanalyze sucleffects requires a more sophisticated

three dimensional wing analysis code (e.g. lifting line, vortex lattice or panel methods). Also
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no additional wing effects (like@ynolds number variation due to taper) are taken into
account.

Polars for Constant Wing Loading

Airfoil data has traditionally been presented in form of graphs and tables for constant
Reynolds numbers. This form results from the typical way wind tunnelrexents and
numerical analyses are conducted. In a wind tunnel it is relatively easy to maintain a constant
wind speed and Reynolds number.

Now thelift coefficient of a real airplane depends on peedbecause the wing loading is
usually fixed duringlfght 1 flying at low lift coefficients results in high speeds (dmgh
Reynolds numbers) and vice versa. Therefore the operating points during flight would slice
through asetof polars having constant Reynolds numbers.

It is possible to create polars raclosely related to the conditions during flight. This would
requireadjustingthe wind speed to each lift coefficient, which is cumbersome and expensive
in a wind tunnel, but feasibla a numerical tool likeava FoiL. Here you can use the Aircraft
cardto calculate polars for a given wing loading.

Abbreviations:

mass of aircraft m | kg
gravity constant g

density of medium| p.. | m/s
kinematic viscosity 1 | m?/s

flight speed Voo | M/s
wing area S | m?
chord length C m

Reynolds number | Re | -

Basic Equations

The definition of the ift coefficient i€}, = -2 Solving the definition of the
v
V_-C . . Re v . ,
Reynolds numbeRe = ——— for the velocityv_ yieldsv = ——. Inserting this result
1% C

into the definition of the lift coefficienproduces

m-g-c
© RS
Solving for the Reynolds numbwgields
v \p_-C S

. . . 2-g m .
Note that this equation can also be writRa ajCL _c =9 5 which means that we
1% pX

can also calculate polars of const&@ Q/CL to match a given aircraft.

Using these resultsne can derivan aircraft oriented airfoil polar for a given wing loading
2 andgiven mearchord lengthc. Due to the dependency between lift coefficient and

Reynolds number arterativecalculation proceduris used
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0 prescribe the environmental condition density and kinematic viscosity .
0 prescribe a wing Ioadin% and a referere chord lengttc.
0 perform the following calculation sequence:
inital value
Re = 106
for (o =, to «, step Aq)
{
iterate
{
Re= Re
C, =f(eRe)
Re = \/ - g - LI
5-C v S
}
Re - Rq
while(——— > ¢)
Re
}

Note that the result still is an airfoil polar, even if wing loading and chord length are involved.
Only when you additionally specify aspect ratio on the options card, the polars include the
induced drag and approximate a finite wing.

A precaution must be undertaken to handle cases vi¢jere 0. HereJavAFoiIL limits the
Reynolds number to a value corresponding small lift coefficient, e.gC, = 0.02.

Note: One can also derive the Reynolds number for a constant¥aiminating the chord

length c. This has nobeenimplemented iRJAVAFOIL as it was considered more abstract to
think in terms of® instead of the aircraft design paramet&rand c. But as the relation is

T = & it would besufficient touse  instead ofg in JavAFoiL while seting ¢ = 1.

Lift Correction for given Aspect Ratio and Mach number

For a given angle of attack, a 3D wing of finite aspect ratio pexlless lift than the 2D

airfoil section, which corresponds to an infinite aspect ratio. Another correction has to be
applied when the Mach number is larger than zero. In subsonic flight more lift is produced
when the Mach numbers is increased.

The 3D wingcorrection is applied only if you specify a value for the aspect ratio of the wing
A =Db*/S (spanbb and wing are®) on the Options card.

The following correction is applied to théIcoefficient of a 2D airfoilC, in order to
approximate the lift coefficien€, of the3D wing in compressible flow. The correction is
divided into two regimes of aspect ratios.

For small aspect ratios\(< 4) the following formula is used:
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C[

2.7¢%  2-«w
1- M? [ ]
\/ ~ T A-w +A-1r

C, =

If the aspect ratio is large\ > 4, thesimplified approximation is applied:
C(

2.7
Ji— M2 o

C =

Implementation in JAVAFOIL

public final static double LiftForAspectRatio(double dCl,
double dAspectRatio,
double dMachNumber)

double dReturn = dCl;

/I correction for finite wings
if (dAspectRatio > 0.1)

/I Source: Anderson, "Aircraft Performance and Design"

/I lift gradient reduction factor

Il'a_0/ (pi*AR)

double dGradientRatio = 2.0 * Math.PI / (Math.PI *
dAspectRatio);

if (dAspectRatio < 4.0)

/I low aspect ratio, compressible (Anderson [2.18b])
dReturn /=
(Math.sqrt(1.0 - Math.pow(dMachNumber, 2.0) +
Math.pow(dGradientRatio, 2.0)) +
dGradientRatio);

}
else
/I high aspect ratio, compressible (Anderson [2.16])
dReturn /=
(Math.sqrt(1.0 - Math.pow(dMachNumber, 2.0)) +
dGradientRatio);
}

return (dReturn);

Moment Correction for given Aspect Ratio and Mach number

The pitching moment of 8D wing of finite aspect ratidgs reduced due to the loss of pressure
difference towards the wing tips. Again, tBB wing correction is applied only if you specify
a value for the aspect ratio of the wing on the Options card.
The following correction is applieid thepitching momentoefficient ofthe 2D airfoil C_ in
order to approximate thrmomentcoefficientC  of the 3D wing

A

C —-C .——>_
M mA+4

This relation has been determined by a series of viatiee analysesf rectangular wings
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Drag Correction for given Aspect Ratio and Mach number

After the lift coefficient of the 2D airfoil for a given angle of attagkhas been corrected to
theeffectof the 3D wingan approximaon of theinduced drag is added to thefoil drag

(for the same angle of attaek). Like the lift correction thisorrection is only applied if you

specify a value for the aspect ratio of the wihg= b*/S (spanb and wing are&) on the

Options card.

As no information about the real wing shape
wing planform ismade Therefore the induced drag component iswalted by using the

classical formula derivenh thelifting line theory (Prandtl).

Ci
A
InJavaFoiLt heFaétdo i s assumed to be 1.0 (planar wi

CD,i =k-

Note that the idea of these simple corredi@to give you a feeling for the relative
importance of the induced drag in relation to the airfoil drag only. For real wing design you
should use a more appropriate 3D aerodynamic analysis tool, e.g. a vortex lattice or panel
method.

Implementation in JAVAFOIL

public final static double DragForAspectRatio(double dCd, double dCl,
double dAspectRatio,
double dMachNumber)

double dReturn = dCd;
if (dAspectRatio > 0.1)

/I add the induced drag of finite wing according to Prandtl
dReturn += dCl * dCl / (Math.PI * dAspectRatio);
}

return (dReturn);

}

Note that all finite wing redts are only approximations. If you need more accurate results,
you must use a 3D wing analysis code, which ideally can also handle friction effects.

Swept Wings in JAVAFOIL

While JavA FolL is andremainsa tool for analyzing twalimensional wing sectiong,is

capable of analyzing an airfoil section as part of a swept wing. This is no replacement for the
threedimensional analysis of threedimensionalving using appropriate tools, but it helps

to understand the main effects of wing sweephenvelociy respectivelypressure

distribution. You have to keep in mind, that a three dimensional wing has wing tips, one or
more kinks in the spanwise sweep angle distribution and that it may be tapered. Also the
boundary layer on a thraBmensional swept wing ge&tes from the ideal twdimensional

models used idaVAFOIL.
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c, = C-COSQ

L.
Figure 27. Top view of a swept wing with sections in the« —z and in the normal planex —z.

JavAa FoliL assumes that the mg has no taper and that it is infinitely lohg practical

application, hese assumptions are not too far from the condiabnsd-spanof a low taper
ratiowing having anaspect ratio of 10 drigher.

Note thatJavA FoiL can predict the velocity or @ssure distribution over the section quite
accurately, but all of its transition criteria are not made for swept wings. Typically wing
sweep introduces additional disturbances duedssflow and spanwise float the leading

edge of the wing, whichothmay lead to premature transition. Therefore the drag coefficients
should not be taken too serious when the sweep angle is larger th&@ sxgept if

transition is fixed close to the leading edge

In order to analyze an airfoil on a swept wing align the defining wingsectionwith the
streamwise directioft hi s i s al so cal | e.dheaweépsahgke enusebd 0
specified on the Options card and thie@analyse®n all other cards (including the Design
card)take this angle into accouriollowing classical sweep theory as devisetheyGerman
aerospace engineBusemann in the 193033yvA FolL internally analyzes the airfoil section at
right angles to the leading edge atircreasedngle of attack and combines the result with
the tangntial flow past the wing. The resulting velocity resp. pressure distribution matches
perfectly with the result of a threémensional analysis produced witl3@-panel method.

The following figures show a comparison betwdewa FoiL and VSAERO.
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a) Results of two dimensional analysis with sweep correction. b) Results of three dimensional analysis.

Figure 28 Velocity ratio past a NACA 0015 airfoil for sweep angles of 0° and 45%ft o« = 0°. Left: two
dimensonal analysis; right: three dimensional analysis of a finite wing of very high aspect ratio.
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Figure 29: Velocity ratio past a NACA 0015 airfoil for sweep angles of 0° and 4%tnd the same lift
coefficient as obtained ate = 5°. Left: two dimensional analysis, data se€able 1; right: three
dimensional analysis of a finite wingf very high aspect ratio.

7 o C, Cqy Crmoazs C; Merie.

[’] [’] [] [] [] [] []
0 5.00 0.604 0.01710 -0.008 -1.787 0.564
45  6.72  0.604 0.01611 -0.009 -1.650 0.579

Table 1: Two dimensional analysis results for a NACA 0015 airfoil at same lift coefficient.

As can be seen in the table abobe, $wept wing requas a larger angle of attack to achieve
the same liftDue to the changed velocity distribution this example exhibits lower drag and,
the main reason for sweeping wings, a higher critical Mach nuatlogring higher flight
speeds

The Aerodynamic Center

Theoutput of thagiPolar® andfAircrafto cards contains a column with the position of the

aerodynamic centéA.C.). The aerodynamic center is a point on the airfoil at which the

pitching moment is constaot necessarily zerddr all angles of attack.

It canbe calculated from the gradiewitthe pitching momeraverlift coefficient curve:
aCm0.25

ac,

According to thin airfoil theory the aerodynamic center is located at 25% of the chord length
and does not move when the angle of attadhanged. In real lifairfoils are thick and the
location typicallycan vary about £2 % around this location.

Xpc = 0.25—

The aerodynamic centex not to be confused with the center of pres¢GtP.) which is the
point at which the total aerodynamic force agtss total force produces the same effect as
the lift and pitching moment he location of the center of pressal@ngesith angle of
attack and can even move in front or behind the airfoil sidpecenter of pressure can be
calculated from lift angbitching momentcoefficients:
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Cm 0.25

Xop = 0.25—

4

Note thatboth,center of pressuras well as thaerodynamicenter,are for the airfoil only,
not for the complete aircraft with tailplanes

Effect of a Ground Surface

When a wing is brought cloge the ground, its characteristics are changed consideFatsy.

the pressure distribution around the two dimensional airfoil shape (a wing of infinite span) is
affected by the presence of the ground. Second, the lift and the induced drag of a wing of
finite spamareaffected also.

JavaFolL simulategheground effecon the flow around the two dimensional airfioyl using

a mirror image of the airfoil sectioithe mirror plae is always located aty 0. Note that for

a proper simulation, the baseliagfoil must be translated into the positiveliyection so that

it does not intersect the horizontal line . This translation can be performed using the

Modify card.

In contrast to the flow around a free airfoil, where the flow field can be corestriroin a
superposition of the solutions for zero and 90 degrees angle of attack, the ground effect case
cannot be created by superposition. Any change of angle of attack also changes the geometry
of the airfoil and mirror airfoil pair. Therefore a new phasolution is required for each angle

of attack, which slowdownthe calculation of a polaaomewhatMore slowdown will be
noticedduringthe analysis on the Flowfield card because here an analysis is required for each
singleflow field point andfor each stepon eachstreamline.

—> —>
100% X 100% X

d s 7"

mirror image mirror image

Figure 30: Changing the angle of attack in ground effect rotates around the pivot point.

The angle of attack of the airfoil is always changed by rajdiie section around the pivot

point specified orthe Modify card. If you want to analyze an airfoil at a height of 25% of the
chord length and want to maintain the trailing edge point, you would first translate the airfoll
in y-directionby 25% and then set the pivot point to x=100%,y=25%. Thersalnsgquent
change of angle of attack would maintain the trailing edge pointlendtethe noseof the

airfoil above the y=25% line. Note that the airfoil is rotaaed thus its projection on the x/c
axis becomes shortdyyt pressure, velocity or Mach nunnlgistributions on the Velocity

card are still plotted over x/c.
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Figure 31: Distributions of the pressure coefficient on a Clark Y airfoil in ground proximity.

Results of the numerical solution of the Nav&tokes equations habeen taken fronfil 9],

the experimental results have been reproduced f20inThe experiments were carried out
with a fixed ground board, equipped with a suction system. The resuigdfoiL mach

the experimental results quite well. The Nax@&okes solutions should model boundary layer
displacement effectsiore accurately.

The ground effect on a wing of a finite span is approximatempplying a modified

calculation ofthe induced dradf you specify the aspect ratio of the widg= b*/S (span

b and wing ared&), andthe height of the wing above ground (height overwing span
b) on the Options cardhése values are used to calculate an approximation of the induced
drag using

Effect of a Water Surface

Anot her application of toilmoviigaunderfwater.|Tlee watss t he
surface acts similar to a ground plane, but when the hydrofoil is operating close to the surface
there is a subtle difference. The pressure field of the airfoil affects the shape of theisurface

the surface is pushed upsda where an overpressure occurs and sucked downwards where

the local pressure is lower than the ambient pressure. Therefore a wave is forming on the
surface.This wave affects the curvature of the flow around the airfoil.

JavaFolL includes a simple wateurface model which can be activated on the Options card.
Thi s fefrfoaucdted mod e | is valid for high (to be
The Froude number, which is an important parameter for hydrodynamic analyses (similar to

the Reynolds number merodynamics), igsually* defined as

1 Sometimes the Froude number is givethassquare of this expressibme careful when comparing data.
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